Electric propulsion using resistojets operating at low power ($100 W) and using liquid propellants have re-emerged as attractive propulsion options for small satellites. Compared to low-power pulsed plasma thrusters (PPT), the resistojet achieves 50 times the increase in thrust ($1±50 mN), which is necessary to overcome drag at solar maximum for small satellites in high drag obits ($200 km). Two resistojet thrusters have been developed at the Surrey Space Centre (SSC), which utilize a packed bed of silicon carbide (SiC) particles for the heat exchanger. A thermodynamic model has been developed to study and optimize the thruster design and a series of practical performance tests with both nitrous oxide and water as propellants has been completed at the USAF Research Lab (Edwards AFB) using the NASA-JPL inverted pendulum thrust stand. Endurance tests ($300 h duration) were conducted to determine possible lifetime limitations or failure modes. The results are very encouraging and resistojet thrusters are now proposed as options for future USAF and SSC minisatellite missions. This paper describes the complete resistojet system, test results for the USAF Mighty Sat II. I and its flight performance, its performance and integration on the UoSAT-12 minisatellite and its launch in April 1999 where this novel technique was demonstrated for the first time in low Earth orbit on 26 July 1999.
INTRODUCTION
The success of small satellite missions depends on low-cost launch opportunities. So far, the majority of University of Surrey satellite (UoSAT) missions have been on Ariane launchers attached to the Ariane structure for secondary payloads (ASAP) ring and deployed into LEO (low Earth orbit). Unfortunately, until now UoSAT spacecraft (as well as similar satellites built by other Universities and companies) lacked one critical system that would allow them to exploit fully emerging opportunities in LEO and beyondÐ a propulsion system. Propulsion systems are a common feature on virtually all larger satellites. However, until now there has been no need for very small, low-cost satellites to have these potentially costly systems. As secondary payloads, small satellites were deployed into stable, useful orbits and natural orbit perturbations (drag, J 2 , etc.) were acceptable within the context of the relatively modest mission objectives.
Over the years, these pioneering small satellite missions have proved that effective communication, remote sensing and space science can be done from a cost effective platform. As these missions have evolved, various technical challenges in on-board data handling, low-power communication, autonomous operations and low-cost engineering have been met and solved. Now, as mission planner's look beyond passive missions in LEO to bold, new missions that require active orbit and attitude control, a new challenge is facedÐcost effective propulsion.
Besides cost, small satellites have other unique constraints (as defined by SSC and accepted in the low-cost international small satellite community) compared to larger spacecraft:
1. Cost ,£4 million 2. Mass ,500 kg 3. Volume ,600 mm outer diameter 3 800 mm length 4. Power ,150 W on orbit average in LEO 5. Integration: safety, logistics of propellant transfer and handling to launch site, technical risk non-toxic propellants 6. Rocket thrust: attitude control integration issues (thrust ,1 N) versus high drag orbit (thrust .1 mN)
These constraints and mission trades associated with them led the University of Surrey to start a research programme in water and nitrous oxide resistojets for station-keeping missions. Table 1 and Fig. 1 show a comparison of input power, thrust and density-specific impulse for various 223 The MS was received on 6 January 1999 and was accepted after revision for publication on 26 July 1999.
station-keeping systems. Density-specific impulse I sp is defined as the specific impulse of the rocket (mass performance) multiplied by the average specific gravity of the working fluid at its storage state. This is a better metric for small satellites since it takes into account the performance of the rocket thruster and the volume of working fluid stored on board the spacecraft. In small spacecraft, volume is sometimes a tighter constraint than the mass. According to Table 1 , the higher performance systems (i.e. FEEP) need hundreds of watts of power to produce thrusts at the millinewton level. Table 2 shows a performance comparison between a nitrous oxide resistojet and a current industry approach using PPTs for small satellite station-keeping. Table 2 shows that, even though the PPT has an order of magnitude increase in specific impulse, the resistojet has an order of magnitude increase in thrust for the same input power. Too low a thrust at these power levels requires very long firing times or shows that the system is unable to increase the orbit of a 100±300 kg spacecraft in high drag orbits, as shown by the acceleration term in Table 2 for a 200 km orbit. This situation also applies to FEEP and ion systems. The storage density of liquid nitrous oxide (710 kg=m 3 at 48 bar and at 20 8C, self-pressurizing) and efficiency allow this system to be quite attractive for station-keeping missions (ÄV $ 25±200 m=s). Water is attractive due to its storage density (1000 kg=m 3 ), efficiency (150±200 s I sp ) and ease of handling.
Thus the University of Surrey started a low-cost research programme to flight-qualify a water and nitrous oxide resistojet system. This paper summarizes results obtained for three phases of the research programme: proof of concept, prototype and protoflight. Test results obtained at the Edwards Air Force Base (AFB) Electric Propulsion Laboratory using the NASA JPL inverted pendulum test stand are presented. The paper concludes with a discussion of the flight applications of these thrusters. A more detailed description of the history of the programme can be found in references [1] and [2] .
DISCUSSION

Proof of concept
The proof of concept effort started in December 1995. The Mark-I thrust chamber is 30 mm by 120 mm with a 10 mm by 110 mm commercial cartridge heater installed in the centre provided by Hedin of Essex, UK. The chamber is made of 304 stainless steel. The heater is composed of nickel±chromium alloy filament, magnesium oxide insulation and an Inconel sheath. At 28 V input voltage, it is designed to produce 1000 W at a power density of 24 W=cm 2 . Around the heater, the chamber is packed with 500 ìm diameter SiC. The fluid flowrate can be varied from 0.000 01 to 0.0011 kg=s (variable area flowmeter) at an inlet pressure of 10 bar. An injector was designed with six 500 mm diameter holes to provide a uniform fluid flow to the bed. As it enters the chamber, the working fluid passes through a 2 mm sintered disc (65 per cent porosity) which keeps the heat transfer material from interacting with the injector and also provides a pressure drop to decouple the inlet pressure from the chamber pressure. The fluid then flows across the bed, is heated and passes out through the 0.5 mm throat diameter nozzle (expansion ratio is 25:1).
A 50-mesh stainless steel screen has been used at the aft end to contain the heat transfer material. The instrumenta- Acceleration at 200 km orbit altitude for 300 kg platform À0.00007 m=s 2 0.0002 m=s 2 tion in the thrust chamber consists of three pressure gauges and two thermocouples.
The Mark-I thruster demonstrated that a resistojet was feasible for small satellite applications. Figures 2 and 3 show the fluid flow efficiency over time for one of the water and nitrous oxide runs. A measure of efficiency is determined by taking the input power of the heater divided by the measured mass flowrate and showing the resultant chamber temperatures for these input conditions. Figure 3 shows that the nitrous oxide required less power, at the same flow conditions, than water to achieve the same chamber temperature. Nitrous oxide systems do not have to expel the energy to vaporize the propellant at the inlet.
For the water experiments, the mass flowrate decreases and chamber temperature rises over time while the power and chamber pressure remain steady. For the nitrous oxide run, the mass flow and power remain steady while the chamber temperature and chamber pressure gradually rise. This behaviour over time is due to the conductive transfer of heat from the heater to the bed, the convective heat transfer of the bed to the working fluid and then radiation losses to the outside.
These results can also be expressed in terms of heat transfer efficiency. Figure 4 represents an energy balance calculation for the Mark-I thruster using nitrous oxide as the working fluid. This efficiency is calculated from
where Q eff heat transfer efficiency (no units) 
Prototype
The Mark-II thruster was designed to improve on the problems encountered with the Mark-I. It incorporated the following design improvements:
1. Improved heater giving longer life and higher temperature (980 8C) at 200 W. 2. Improved heat transfer efficiency. The chamber dimensions were decreased to 30 mm by 90 mm and 25 mm of Micropore insulation (SiO 2 ) was added to reduce conduction losses. 3. Reduced instrumentation: thermocouples for heater and chamber temperature and two pressure transducers for inlet and chamber pressure. Previous instrumentation caused leaks and additional heat transfer losses. The Mark-II was tested at Royal Ordnance Westcott and at Edwards AFB using the Edwards AFB Electric Propulsion Laboratory's inverted pendulum thrust stand. Figure 5 shows the power/mass flow versus chamber temperature for the Mark-II thruster. The Mark-II had a better ratio than the Mark-I. This was due to higher heat transfer efficiency in the chamber. The power conversion was at 100 W and a mass flowrate of 10 À6 kg=s. Figure 6 shows the efficiency as a function of time for a 100 W nitrous oxide experiment. The heat transfer efficiency can be calculated in a different manner than the Mark-I thermodynamic results since there is a measured thrust. The measured I sp and thrust from the thrust stand can be used to calculate the exit jet power. The new relation is expressed by
where Efficiency heat transfer efficiency (no units) F measured thrust (N)
I sp specific impulse (s) g gravitational constant (9.81 m=s 2 ) P input input electrical power (W) Figure 7 shows the power/mass flow versus I sp from the thrust measurements. This is useful in determining the scaling relations for future designs. The Mark-II thruster results were better than those for the Mark-I:
1. Heater lifetime. This was up to 150 h without a failure (compared to several hours with the Mark-I heater). 2. Efficiency. This was a factor of 2 higher than that for Mark-I as far as chamber temperature versus input power/mass flow ratio was concerned.
However, the detrimental aspect that was not discovered until thrust measurements were made was the friction loss for the low flowrates. Since the present flowrates were on This was due to the viscosity of the gas and the small nozzle throat size (0.12 mm). It did not matter how much power was put into the gas, the resulting increase in T c was absorbed by friction losses in the throat. This is evident in Fig. 6 . The heat transfer efficiency decreased from the Mark-I to the Mark-II thruster, which was verified by conducting a Knudsen number and Reynolds number analysis looking at the nozzle flow conditions [3]. The heat transfer efficiency only reached 12 per cent with an I sp of 84 s (see Fig. 7 ). Even though a low input power (100 W) was used, the thrust generated at the given mass flowrate produced a low efficiency and hence I sp . Figure 7 also shows that even though less energy is required in the vaporization of nitrous oxide, the I sp is still lower than water. This is due to the high molecular weight of the nitrous oxide compared to water. Since the error bar in the thrust stand was AE3 mN, there is some uncertainty in the Mark-II thrust calculation since the thrust measurement is $8 mN. Thus in the next design it was decided to scale-up the design for better resolution and study the nozzle losses in more detail. Table 3 shows the summary of the Mark-II results (helium and nitrogen were tested for easier validation of the thermal model in initial tests). It was deduced that a bigger thruster needed to be built which would incorporate some of the design features of the Mark-II.
Hence it was decided to construct a Mark-III thruster.
Protoflight
The Mark-III protoflight resistojet is shown in Fig. 8 . It is a bigger system with the following features:
(a) 60 mm 3 220 mm chamber, (b) 300±600 W heater, (c) flowrate of 0.004 kg=s at 10 bar, (d) nozzle throat with a 0.7 mm diameter, (e) 25 mm thick micropore insulation, (f) welded fittings.
The protoflight system achieved better performance. The system was designed for a thrust level of approximately 0.5 N (0.694 mm throat diameter). Figures 9 to 12 show efficiencies for water and nitrous oxide resistojet experiments.
The heat transfer efficiency calculations versus time are shown in Fig. 10 for nitrous oxide. From hour 3 onwards it was possible to run the thruster with no power (the start-up power was 300 W) due to the temperatures achieved and some possible catalytic effectsÐthe nitrous oxide exothermic decomposition reaction was able to sustain itself. Figure 11 shows the heat transfer efficiency for the water system. The efficiency varied in the thruster from 25 to 40 per cent, as a result of varying the flow parameters. Figures  9 and 12 show the differences in the different working fluids. Even though the nitrous oxide system achieves a higher chamber temperature at a lower input power by a factor of 3, the I sp is lower by a factor of 1.3 than for the water system. Figure 13 represents the specific power or input power/ thrust versus I sp . These results closely match the theoretical I sp calculations. This shows that the friction losses encountered with the Mark-II are not a factor in this system.
The Mark-III thruster produced much better results compared to the Mark-II (see Table 4 ). Since the total error bar is less than 4 per cent (based upon thrust stand, power supply, flowmeter, vendor published accuracy and`catch and weigh tests' for calibration) there is high confidence in these numbers.
Mark-IV resistojet
The test results obtained in the Mark-III programme showed that a flight-qualified system with good performance is feasible. The authors decided to do a longendurance experiment using one of the Mark-III thrusters (there were four thrusters fabricated). This thruster used a smaller nozzle throat diameter of 0.183 mm. The results are shown in Fig. 14. The decreases in thrust in the figure are due to unplanned power outages at the laboratory. Figure 14 shows a decrease in thrust over time. Postinspection of the nozzle and bed indicated silicon oxide deposits. Scanning electron microscopy (SEM) analysis showed that the silicon oxide was in the bed material before operation. Thermal vacuum treatment and a new silicon carbide bed material will alleviate this problem in future applications. A detailed analysis of the following experimental attributes were used for the Mark-IV design: Figure 15 shows the MightySATII.1 spacecraft. The Air Force Research Laboratory (AFRL) is developing this 110 kg platform as a low-cost test bed for Department of Defense payloads. The AFRL Electric Propulsion Laboratory gave the University of Surrey a research contract to design a water resistojet system as a propulsion option for this mission. The Mark-IV system specifications for Heat transfer efficiency versus time for the 600 W water experiment. Note that the dip is due to the system running out of water, and being refilled 
UoSAT-12
The resistojet for UoSAT-12 will be used for an orbital manoeuvring experiment to demonstrate station-keeping applications for a platform in the 300 kg mass class. This system was chosen due to its density I sp , self-pressurization, ease of handling and performance. More information about UoSAT-12 can be found in reference [3] . Table 6 shows the performance of the UoSAT-12 resistojet system including the mass breakdown and system specifications.
Since the system is designed for 100 W, 1 h of continuous power is feasible during specific solar cycles of the orbit. Figure 16 shows the expulsion system fabricated by Polyflex and a picture of the breadboard system. The three tanks will store 1.1 litres of propellant for a total propellant mass of 2.4 kg. The fourth tank will act as an accumulator or buffer volume. The expulsion system is planned to have a simple mode of operation. A pressure switch will open flow from the tanks to the accumulator by opening one of the solenoids (for redundancy) and fill the volume of the accumulator. The switch will then open/close the solenoid to an accuracy of 1 bar. As long as the pressure does not decrease too much from the 48 bar storage pressure, there will not be two-phase flow coming into the chamber. If the pressure switch does not work within the pressure tolerance, then a transducer will be added with some control logic to run the system. There will be a slight decay as the pressure bleeds out of the accumulator, but since the maximum burn times are on the order of 1 h and this is a station-keeping manoeuvre, this will not be a factor. Preliminary feed system tests have been conducted using a breadboard model provided by Polyflex. The pressure 
CONCLUSIONS
The most cost effective propulsion system can only be found by trading all options within the context of a given mission. For very low-cost, logistically constrained missions, unconventional options such as water and nitrous oxide resistojets offer many unique advantages over current off-the-shelf options. Future research will focus on demonstrating these technologies in orbit. 
